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Abstract 

This work explores the use of air breathing propulsion systems potential to access space.  This type of 
propulsion could greatly lower the cost per kilogram of payload delivered to orbit. Since it uses the 
atmosphere’s air to propel itself, there is no need to carry oxidizer for that part of the trip. Also, this 
technology has been used on a daily basis throughout the world through various and different entities for 
over 6 decades, the accumulated experience and data on them far surpasses that of any rocket system, 
hence their maintenance time and cost can be much lower than that of a conventional rocket, this is the 
key advantage to use this kind of system in access to space endeavors. 

1 Introduction 

1.1 Goal of this work 
Access to space is in the early days of commercialization. Private companies have made significant 
advancements in launcher systems that are able to deliver small-mass class payloads (of around 500kg) 
to Low-Earth Orbit. The problem of these systems is that they all rely on the same two-stage liquid rocket 
technology developed over 40 years ago. Even though many advancements have been made, no real 
technological revolutions have happened. 
This work tries to address this issue through the preliminary design and optimization of a launcher capable 
of putting small satellites, with a maximum weight of 100 kilograms in a circular Low Earth Orbit of 500 
km of altitude using air breathing technology for part of the ascent trajectory. Assessing design solutions 
and optimization of the most promising one, taking size, mass and reusability into consideration. 
 

1.2 Small size modern rockets 
A table resuming the most notable small-mass payload to orbit vehicles. 

VEHICLE INITIAL MASS PAYLOAD MISSION COST 

VEGA 137 000 kg 1500 kg (200 km) €32 M 
ROKOT 107 000 kg  1950 kg (200 km) €27.1 M 
PEGASUS XL 23 130 kg 250kg (500 km) €49.57 M 
SKYLON 325 000 kg 15 000kg (300 km) €13.15 M 

Table 1-1 Fact sheet Launcher summary 
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2 Parameter Analysis 

2.1 Overview 
The present work is divided into three different main groups. The Air-breathing group, which will 
determine the initial conditions. Rocket group, determines the payload to orbit and mass, which in turn 
will affect the air-breathing group (hence an iterative process is required). And finally, Trajectory group, 
which will define stresses and additional performance requirements.  

 Air-Breathing  

Defines the rocket stage initial conditions, affecting the launcher’s total performance throughout 
the entire flight envelope. The main parameters are presented below in the Table 2-1. 

Table 2-1 Air-Breathing group parameters 

 Rocket 

The launcher feasibility and performance will mainly depend on the Rocket section, its propulsion 
method, aerodynamics and mass.  How these influence the rocket is found in Table 2-2 

 

 Trajectory 

The trajectory will determine the structural stresses during the ascent phase as well as the 
payload/fuel ratio. Optimizing the trajectory will provide a higher ratio and with it more payload 
can be delivered to the target orbit.  

2.2 The ∆V Budget 
The ∆V Budget is traditionally used to account for the energy necessary to achieve, maintain and/or 
change orbit for a given spacecraft. In a wider sense, it represents the cost for each mission orbit scenario. 
The ∆V budget of a mission can be represented as follows [1] pg.625: 

∆𝑉𝑚𝑖𝑠𝑠𝑖𝑜𝑛 = ∆𝑉𝑜𝑟𝑏𝑖𝑡 + ∆𝑉𝑔𝑟𝑎𝑣𝑖𝑡𝑦 + ∆𝑉𝑑𝑟𝑎𝑔 , [ 2-1 ] 

Parameter Influence Dependencies 

Engine Thrust Defines mass that can be launched per engine Independent 

Number of Engines Defines total mass launched Thrust per Engine 

Speed at release Defines Rocket initial kinetic energy To be seen 

Release Altitude Defines Rocket potential energy and Drag influence To be seen 

Parameter Influence Dependencies 

Propulsion 

Propellant  The choice of propellant relates to almost everything 
else in the propulsion unit 

Independent 

Nozzle Area Ratio Defines nozzle efficiency Depends on altitude 

Mass Flow Defines thrust Depends on trajectory angle 

Aerodynamics 

Nosecone Fineness 
Ratio 

Defines nosecone drag Depends on payload volume 

Body Fineness Ratio Defines body drag Depends on structural 
requirements 

Structure 

Materials Defines structural mass Dependent on maximum 
stress and budget 

Body Fineness Ratio Defines body mass Depends on aerodynamic 
requirements 

Table 2-2 Rocket group parameters 



2.3 Configuration alternatives 

2.3.1 Staging 
By separating the launcher into several stages a much higher performance can be attained since the 
components required for the initial stages are shed during ascent and the remaining of the flight is carried 
on by a smaller vehicle with a much smaller parasitic mass [2]. The altitude through which Airbreathing 
propulsion systems will work only represents around 5% of the total required altitude. This negates the 
use of a single stage to orbit launcher, and so, after they stop providing thrust, these should be shed off 
of the launcher. For the sake of simplicity, both propulsion methods will be separate, with the first stage 
being a pure air breathing propulsion system and the remaining stages, pure rocket propulsion systems. 
 
It just remains to be seen how many stages the rocket phase should have. This will be found through a 
simple analysis of the impact the number of stages has on the final deliverable payload to orbit. 
The following equation represents the optimal payload ratio [2] pg.214. 

𝜋𝑘 =
𝑒−𝛽−∈

1−∈
 [ 2-2 ] 

(Where 𝛽 = 𝑉∗/(𝑁 ∙ 𝑉𝑒).) 

The previous equation yields the optimal payload ratio for a given rocket. Hence, considering a structural 

ratio for the rocket of 10% (∈= 0.1) a rocket exhaust escape velocity of 3433.5m/s (𝐼𝑠𝑝 = 350𝑠) and each 

stage providing equal burnout velocities, from Mach 3 at 23km of altitude (990m/s; Expected speed and 
height at first stage release) up to orbital velocity at 500km altitude (7.62km/s) the following values are 
obtained for a single, two stage as well as a 
three stage rocket (N=1, N=2 and N=3)). 
These results led to the chosen configuration 
of a vehicle composed of a total of three 
stages. The first, will be a pure air breathing jet 
propelled stage that after detach leaves the 
remainder of the trajectory to rocket 
propulsion, which in turn will be comprised of 
two rocket stages.  
 

Table 2-3 Payload Ratio variation with number of stages 

 

2.3.2 Take-off configuration 
Two options are available, horizontal or vertical take-off. A qualitative analysis of both methods was made, 

expressing the benefits and constraints of each configuration. The horizontal take-off eliminates the 

possible necessity of additional thrust at take-off at the cost of additional mass for the wings control 

systems and structure reinforcement, along with a much higher complexity and system cost. The vertical 

configuration is not only cheaper and simpler but also provides additional benefits as not having to carry 

the extra structure weight. Concluding, a vertical take-off configuration is the preferable one, but it stills 

remains to be seen whether or not it will need additional propulsive systems to lift-off of the ground. 

Should they be needed, a study of performance between the assisted vertical take-off and the horizontal 

one is necessary. 

2.3.3 Recovery systems 
Three recovery methods will be presented, each with their own benefits and constraints. Out of these, a 
method to be implemented will be chosen, based on a purely qualitative analysis: 

 N=1 N=2 N=3 

Total 
Payload 
ratio 𝝅𝑻 

𝝅𝒕

= 𝟎. 𝟎𝟓 

𝝅𝒕 = 𝝅𝒌
𝟐 

𝝅𝒕

= 𝟎. 𝟎𝟗𝟕𝟑𝟒𝟐 

𝝅𝒕 = 𝝅𝒌
𝟑 

𝝅𝒕

= 𝟎. 𝟏𝟎𝟓𝟓𝟕𝟔 
Increase 

with 
additional 

stage 

 
𝑰𝟏→𝟐

= 𝟗𝟒. 𝟕% 
𝑰𝟐→𝟑

= 𝟖. 𝟒𝟔% 



 Vertical Landing After separation, the first stage would balance itself vertically and softly 

approach the ground and land on attached landing gear.  

 Horizontal Landing After separation, the first stage would return to base to perform a horizontal 

conventional landing through the use of attached wings. This approach would be interesting for 

the case of horizontal take-off as the necessary wing attachments are already present.  

 Parachutes Used since the dawn of spaceflight, parachutes are reliable light and do not affect the 

launcher performance since they are stored internally. The landing location cannot be controlled 

exactly and the landing might be too rough. These effects might be mitigated through the use of 

engine thrust during descent but never completely eliminated. 

Out of all three methods, the vertical landing provides the best benefits, since the landing site can be 
chosen and the landing is performed very softly, but, the application of such a system depends heavily on 
the descent control, which would prove to be another complete research document and out of the scope 
of this project. As such the parachute recovery method was chosen, seen as it is the one with more 
available data and the easiest to implement. 

3 Airbreathing  
A jet engine that is deemed appropriate for the task at hand will be chosen, along with the proposed 
models for the different regimes encountered during ascent, until separation occurs. 

3.1 Selected Engine 
As seen before, the first stage separation height and velocity are the major drivers of the overall project 
performance. On this matter, only one engine stands out above all the rest. 
The Pratt & Whitney J58, the powerhouse of the iconic Blackbird SR-71. Able to maintain a cruising speed 
of 3.2Mach at 80 000ft (24 000m), these prove to be the fastest turbojet engines ever made. A few others 
are able to achieve the same speeds, but only for a short duration of time, as prolonged use results in high 
risk of engine permanent damage [3]. 

3.2 Engine Modelling 
Here, the methods used to calculate engine thrust are discussed. Below, a simplified flow diagram is 
presented, indicating the various intermediate stages worth considering. 

 1-2 Inlet 

 2-3 Compressor 

 3-4 Combustion Chamber 

 4-5 Turbine 

 5-6 Mixer & After Burner 

 6-7 Nozzle 

As can be seen in the figure, the J58 cycle varies from other more typical turbojet cycles in the way that 
20% - 40% of air is bypassed directly from stage four of the axial compressor (2’) to after the turbine, 
where it mixes with the air from the turbine before being reheated (combusted) in the afterburner. 
The engine is modeled resorting to the thermodynamic relations for each engine section [4]. With just 

two variations. 

Figure 3-1: J58 Flow diagram 



 Supersonic inlet 

For a flight speed between 1 and 1.62 Mach a detached shock will form on the tip of the engine’s inlet 
spike. This is an expected result as the spike’s translation begins at Mach 1.6, and the equations for a 
normal shock are used. Above this value the shock will now be attached to the inlet spike, and the flow 
will be decelerated as smoothly as possible, from supersonic to subsonic conditions. 
The Taylor-Macoll equation [5] pg.370, is used to calculate the 3D flow around the nosecone, followed by 
a series of internal oblique shocks and a final normal shock to provide the compressor inlet properties. 

 Compressor Exit 

The simulated static thrust was 173.62kN and a maximum thrust at cruise speed of 200kN. The static 

thrust is similar to the published static thrust value of 151.2kN but the afterwards the increase shouldn’t 

happen. At cruise speed 80% of the thrust is provided by the inlet and only 20% by the engine itself, 

unfortunately no published values were found to give a sense of the expected thrust. 

Hence the constant value of 151.2kN will be used in order to derive the engine thrust. 

4 Rocket 

4.1 Propulsion 

4.1.1 Propellants 
The propellant choice will have influence in a multitude of variables such as thrust, size of the rocket, 
efficiency, weight, among others. Current chemical rockets have three main types of propellants, each of 
which with different properties [7] pg.691. 

 

4.1.2 Propellant type selection 
A liquid propellant was selected, even though it adds an extra layer of complexity. The controllable thrust 
pattern, re-igniting possibility and greater handling safety. Selecting the specific type of Liquid Propellant 
is the next step. Propellants can be split according to the number of employed substances: 

 Monopropellants – Consisting of single substance chemicals that release energy through 

exothermic chemical decomposition, released usually through use of a catalyst. Monopropellants 

have low efficiency but a great degree of simplicity in their use. 

 Bipropellants – A fuel and oxidizer are mixed and then ignited in a thrust chamber. Much more 

complex however, much more efficient than their monopropellant counterparts. 

 Tripropellants – Usually consist of an oxidizer and two separate fuels or a bipropellant with an 

extra chemical added to improve efficiency. These present the highest efficiency of chemical fuels, 

the catch is, never before have they been used in a standard vehicle and are extremely toxic. 

And how they are stored: 

 Earth Storable – Chemicals that are liquid at room temperatures.  

 Cryogenic – These need to be stored at very low temperatures to remain liquid requiring heavy, 

well insulated storage systems and due to boil off cannot be kept in storage for long. 

Bipropellants are chosen to be used in our launcher due to their higher efficiency and availability. Even 

though Cryogenics require supporting ground equipment, as well as a lot of preparation time their very 

high efficiency sits well with the need for high thrust. 

4.1.3 Propellant selection 
The final question is whether to use a fully Cryogenic or Semi-Cryogenic solution.  



In semi-cryogenic approach the oxidizer is, just as before, in cryogenic phase but the fuel is an Earth 
storable, this way, an intermediary approach between the two can be achieved. The result is a propellant 
with an efficiency not as high as a Cryogenic solution and still requiring a lot of ground equipment, but the 
fuel pumps and plumbing in the rocket needn’t be as complex and as heavy. Both cases use Liquid Oxygen.  

 Liquid Hydrogen when burned with liquid oxygen has a high performance. However, of all known 
fuels, it is the lightest and the coldest, having a specific gravity of 0.28 (water density used for 
reference) and a boiling point of about 20 K. 

 RP-1 (Rocket Propellant number 1) is basically a kerosene-type fuel mixture of hydrocarbons, with 
a specific gravity ranging from 0.8-0.815 and liquid at room temperature. 

OXIDIZER FUEL 
MIXTURE RATIO 

(BY MASS) 
AVERAGE SPECIFIC 

GRAVITY 
CHAMBER 
TEMP. (K) 

CHAMBER C* 
(M/SEC) 

ISP 

LIQUID 
OXYGEN 

H2 4.02 0.28 2999 2432 389.5 
RP-1 2.56 1.02 3677 1800 300 

Table 4-1 Performance of H2 and RP-1 with LOX [8]  

RP-1 is elected as the chosen fuel. Even though it has lower specific impulse and requires an auxiliary 
system of pressurization (the present work will consider a pressure tank, as it is a simpler cheaper and 
more reliable, although heavier, method), its higher density (allowing for a smaller rocket) low volatility, 
which allows for a safer handling, and the fact that does not require expensive pumps and piping and also 
demands fewer ground operations make it the best solution for this situation. 
 

4.1.4 Nozzle 
The supersonic nozzle is the one used for rockets. An 80% Bell nozzle is chosen for our vehicle’s propulsion 
system, allowing for a good compromise between mass and efficiency.  
The area ratio chosen for the rocket first 
stage is the optimum area ratio for a 
nozzle at an altitude of 23 km (Theorized 
Airbreathing engines ceiling).  

𝐼𝑠𝑝 = 336~343𝑠 𝐴𝑅 = 295 

For the second stage, a vacuum 
optimized nozzle is chosen. The perfect 
vacuum nozzle has an infinite area ratio, 
this is simply not feasible and a 
compromise must be made 

𝐼𝑠𝑝 = 333~349𝑠      𝐴𝑅 = 600 
 

4.2 Structure 

4.2.1 Nosecone 
The nosecone is a simple cone, even though other shapes exist that provide less pressure drag. The simple 
cone was chosen for its simpler and more accurate method of aerodynamic drag calculation. 
Plotting the nosecone drag coefficient (which is composed of viscous plus forepressure drag) function of 
fineness ratio provides the following dimensionless results in Figure 4-2 (Cd divided by maximum value). 

Figure 4-1 Nozzle efficiency with Area ratio and altitude with unitary mass flow rate 



Even though the best fineness ratio value is set 
at 8, this is impressively outside of what is 
acceptable for the fairing section, both in 
terms of length and structure weight. A more 
reasonable value was chosen,   

𝜁𝑐𝑜𝑛𝑒 = 4 
 

4.2.2 Body internal layout 
The vehicle stresses must be supported by 
the structure, which in its turn affects the 
total vehicle mass and by that reason, must 
be kept to a minimum.  

 Longitudinal Loading Load bearing columns will sustain the vehicle during ascension, with the total 
load distributed evenly per column. The rocket structure will be considered to be able to endure 
accelerations of up to 7g without compromising the vehicle’s integrity. 

 Fuselage Plating The vehicle outer shell will be comprised of curved plate members, these will mainly 
be subjected to shear stresses due to atmospheric resistance.  

 Lateral Loading The maximum lateral load to be considered will be 2g, it will be assumed that all 
transversal loads are to be sustained by the horizontal rings. These loads are to be equally distributed 
by all rings 

 Internal tanks Propellant tanks typically operate at an average pressure between 1.3 and 9MPa [8] 
pg.203, the higher the pressure the necessary volume can be decreased at a cost of increased tank 
mass. An intermediate value of 5MPa is used. The high-pressure gas tanks considered in the current 
project will be spherical in nature (to minimize inert mass). These tanks usually withstand pressure 
values of 6.9 to 69MPa [8] pg.204. Again an intermediate approach of 40MPa is considered. 

 

4.2.3 Body fineness ratio 
The fineness ratio has influence in both the structural weight and drag and a balance must be found. 

With increasing body fineness ratio the drag coefficient decreases notably, base drag lowers and the skin 
friction becomes the main source of drag providing a much lower drag coefficient. However as noted by 
the black line, the total drag continually rises even when the Cd decreases, due to the ever increasing 
surface area. According to the figure: 4-3 the best lambda that allows for the lowest body mass should be 
8, but the MAIN program, considers only a constant structural factor as the source of structural mass. In 
reality, when increasing the fineness ratio of the vehicle the structural mass factor may need to increase. 
This way, the lowest value of 𝜁𝑏𝑜𝑑𝑦  that provided a good decrease in initial mass was chosen.  

Figure 4-2 Drag coefficient with nose fineness ratio Mach=4 SSL conditions 

Figure 4-3 Drag and structural mass evolution with body fineness ratio Figure 4-4 Rocket initial mass with body fineness ratio 



𝜁𝑏𝑜𝑑𝑦 = 6 

4.2.4 Materials 
Having defined the structures and stresses they must withstand, all that is left to determine is choosing 
the materials. 

Long. Loading Magnesium Propellant Tanks Kevlar (Metallic lining) 

Trans. Loading Titanium HPG tanks Kevlar (Metallic lining) 

Fuselage Plating Magnesium Nozzles  Niobium C103 
Table 4-2 Employed structural materials 

5 Trajectory 
The trajectory of a launcher is defined as the evolution over time of the position of its center of gravity. 

5.1 Reference frame 
The Figure 5-1 shows the booster in flight over the Earth with forces acting on it. Thrust and drag act 

along the axis, while gravity is modified to include the apparent “centrifugal force”. This way the flight 

over a spherical Earth can be treated as if it were flat. 

5.2 Equations of motion 
Through Newton’s second Law, adding all forces acting on the vehicle. 

𝑐𝐿 = (𝑇 − 𝐷 − 𝑚𝑣𝑒ℎ𝑖𝑐𝑙𝑒 ∙ (𝑔 −
�̇�2

(𝑅𝑒+𝐻)
) 𝑠𝑖𝑛 𝛾) 𝑚𝑣𝑒ℎ𝑖𝑐𝑙𝑒⁄  [ 5-1 ] 

𝑐𝑇𝑉 = − (𝑔 −
�̇�2

(𝑅𝑒+𝐻)
) 𝑐𝑜𝑠 𝛾 [ 5-2 ] 

These equations of motion must be complemented with 

others, respectively the vehicle’s mass and the drag law. 

In order to calculate the flown distance in the chosen 
referential, accelerations along X and H are calculated 
from the axial and transversal ones. 

𝑐𝑋 = 𝑐𝐿 ∙ 𝑐𝑜𝑠 𝛾 + 𝑐𝑇𝑉 ∙ 𝑠𝑖𝑛 𝛾 [ 5-3 ] 

𝑐𝐻 = 𝑐𝐿 ∙ 𝑠𝑖𝑛 𝛾 − 𝑐𝑇𝑉 ∙ 𝑐𝑜𝑠 𝛾 [ 5-4 ] 

These equations have no known analytical solution, as mass varies with time and drag varies with speed, 

requiring analytical methods to be solved. A simple backwards finite difference scheme was employed. 

5.3 Stage separation 
During ascent the vehicle stages separate in order to release inert mass. The release point is determined 
by the amount of fuel each stage carries, which in turn is determined by each stage optimum payload. 

𝑚𝑠𝑡𝑎𝑔𝑒2
=

𝑛2−1

1−𝑛2𝜖2
𝑚𝑝𝑎𝑦  [ 5-5 ] 

𝑚𝑠𝑡𝑎𝑔𝑒1
=

𝑛1−1

1−𝑛1𝜖1
(𝑚𝑠𝑡𝑎𝑔𝑒2

+ 𝑚𝑝𝑎𝑦) [ 5-6 ] 

Knowing the mass of each stage and its structural factor allows the calculation of the available propellant. 

Each stage ends when 95% of the propellant is used. This way, knowing how much mass of propellant the 

stage has allows to calculate the altitude and velocity for optimum staging. 

5.4 Coasting 
Coasting involves waiting before firing the following stage after the previous one has burn out. A zero 

seconds coasting time allows for no burn interruption but has higher drag losses. A thirty seconds coasting 

Figure 5-1 Forces acting on a booster [8] pg.217 



has lower drag losses, but accumulates gravity losses during coasting, value which after 30 seconds of 

coasting starts to significantly affect the rocket initial mass .This way, to try to get the most benefits of 

both, lower drag losses while maintaining gravity losses to a minimum, an intermediate value was chosen. 

𝑡𝑐𝑜𝑎𝑠𝑡𝑖𝑛𝑔 = 15𝑠 

6 Launcher analysis 

6.1 Launcher specifics 

6.1.1 Number of engines 
Running the Jet-Engine program for static conditions provides the following wet static thrust (One Engine-
With Afterburner). 

𝑇𝑣=0 = 173.62𝑘𝑁 
𝐺𝑇𝑂𝑊 = 𝑚𝑟𝑜𝑐𝑘𝑒𝑡 + 𝑚𝑗𝑒𝑡 𝑓𝑢𝑒𝑙 + 𝑚𝑠𝑡𝑟𝑢𝑐𝑡 + 𝑁 ∙ 𝑚𝑒𝑛𝑔𝑖𝑛𝑒 + 𝑚𝑝𝑎𝑟𝑎𝑐ℎ𝑢𝑡𝑒𝑠  [ 6-1 ] 

Running the ROCKET program for a 23 km high and Mach 3 velocity, a total rocket initial mass along with 
the desired initial flight path angle of the gravity turn is calculated  

𝑚𝑟𝑜𝑐𝑘𝑒𝑡 = 4654𝑘𝑔 [ 6-2 ] 
𝛾0 = 72.805º [ 6-3 ] 

This led to a required number of engines (N) of, 
𝑁 = 2 

6.1.2 Complete flight simulation 
Joining together the two modules of the program (Jet engine plus rocket – MAIN function) an iterative 
process of the full simulation of the entire flight is run. The program starts with the initial values for the 
rocket mass and flight path angles [8-2] and [8-3], and iterates until the final Airbreathing velocity and 
Rocket mass converge.  The main phases during ascent are the following. 
1.       Take-Off: Jet engines only. 
2.       Ram-Jet:  Turbo to Ram-jet propulsion. 
3.       First Separation-First Burn: Release 
Airbreathing engines. 
4.       End of Atmosphere: End of Atmosphere 
influence, release fairing. 
5.       Second Separation: Release first rocket 
stage initiate coasting phase 
6.       Second Burn: Initiate burn of second 
rocket stage 
7.       Orbit: Achieve desired orbit
 

The simulation results indicate that a twin 
engine vehicle, with gross total mass at take-off of 
12194 kg can indeed place a 100 kg payload into a 
circular 500 km altitude orbit. Out of this total initial 
mass, 7564 kg belong to the Airbreathing stage which 
(apart from the 800 kg of fuel) are fully recovered. This 
result is not easily comparable to current employed 
solutions due to the shear difference in size but, 
considering the Pegasus XL which carries a total of 250 
kg to a 500 km circular orbit [9] with a total rocket mass 

Table 6-1 Flight simulation data 
 

SPEED [M/S] MASS [KG] 
HEIGHT 

[KM] 
𝜸° 

 
TIME [S] 

1 0 
12194 kg 

Rocket 
[4630 kg] 

0 90° 0s 

2 
Mach2 

609 m/s 
11747 kg 10.43 km 90° 36.8s 

3 
Mach3.328 
989.8 m/s 

11439 kg 23 km 69.83° 52.8s 

4 1669.5 m/s 
3001.9 kg 

Fairing 
[25.86kg] 

122 km 29.41° 146.4s 

5 4104.5 m/s 
1261 kg to  
478.35 kg 

269.7 km 15.37° 248s 

6 4059.6 m/s 478.35 kg 295.2 km 13.65° 263.2s 
7 74908m/s 153.86 kg 500.1 km 1.89° 492.8s 

Figure 6-1 Flight trajectory 



of around 23 000 kg, and adapting it to our problem by scaling the Pegasus XL to deliver only 100kg of 
payload, its total initial mass would be 9200 kg, twice as heavy as the designed rocket (obviously this result 
does not represent any real value but transmits a more readable sense of mass difference). 

7 Conclusions 
This work has shown that a recoverable air breathing stage along a conventional rocket can actually 
deliver a 100 kg payload into a 500 km altitude orbit using modern day common technology. This type of 
vehicle could lower the cost per kilogram and allow small players such as universities or countries to finally 
access space in a more economical way in order to place small satellites and experiments into low Earth 
orbit. 
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